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RESEARCH MEMORANDUM

AN TNVESTIGATTION OF A SUPERSONIC ATRCRAFT CONFIGURATION
HAVING A TAPERED WING WITH CIRCULAR-ARC

SECTTONS AND 40° SWEEPBACK

A PRESSURE-DISTRIBUTION STUDY OF THE AERODYNAMIC
CHARACTERISTICS OF THE WING AT
MACH NUMBER 1.59

By Morton Cooper and M. Leroy Spearman
SUMMARY

. A pressure-distribution investigation of the wing (in the presence
of the fuselsge) of a complete supersonic aircraft configuration has
been conducted in the Langley U- by U-foot supersoplc tumnel at a Mach
number of 1.59 and & Reynolds number of 0.575 x 10® based on the mean
aerodynamic chord. The wing was swept back 40° and had an aspect ratio
of 4, a taper ratio of 0.5, and lO-percent-thick circular-arc sections
perpendicular to the quarter-chord line. For the Mach number of the
present investigation, the wing had both supersonic leading and traliling
edges; the leading edge, however, had a detached shock wave throughout .
the angle-of-attack range.

The experimental 11ft and drag coefficients were less than those
predicted by linear theory. The digcrepancies resulted principally
from the existence of large reglone of separated flow at the rear and
at the outboard stations of the wing and in part from the presence of
a detached leading-edge shock which is neglected in the linear theory.
In addition, there was a pronounced Interference effect of the fuselage
on the wing at the inboard stations but this effect diminished fairly
rapidly outboard.

The maximum lift-drag ratio of 5.3 obtained experimentally agréed

very well with the theoretical wvalue of 5.1l. Thie agreement, however,
wag partiaelly the result of compensating discrepancies in both the 1lift
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and drag coefficlents. The pliching moment was considerably less stable
than predicted by theory primsrily as a result of the separation over
the outboard region of the wing. Thlis separation phenomenon appears

to be of primary concern for uncambered and untwisted swept wings, such
ag the wing of the present lnvestigetion, where the spanwlse gradients
and their effects on the boundary layer are large.

INTRODUCTION

A comprehensive investigation of a supersonic aircraft configura-
tion having a tapered wing with circular-arc sections, aspect ratio k4,
and L0° gweepback has been conducted in the Langley 4~ by lY-foot super-
sonic tunnel. In order to obtain a detailed knowledge of the flow over
the model.as well as to determine the genersl aerodynamic charascteristilcs,
extenglve tests were conducted on both a large-scale force and pressure
model of the complete configurstion ard of various components at Mach
numbers of 1.40 and 1.59. The results of the pressure~distribution study
of the fuselage and its canoples are reported in reference 1 for a Mach
number of 1.59 and in reference 2 for a Mach number of 1.40. The first
phase of the force-model investigation, which evaluated the static longi-
tudinal stability and control characteristics at a Mach number of 1.L40,
has been reported in reference 3.

The present report presents the results of the pressure-distribution
study of the wing obtalned during tests of the complete pressure model
at a Mach number of 1.59 and a Reynolds number of 0.575 X 106 based on
the mean aerodynamic chord. For this Mach number, the wing had both
supersonic leading and tralling edges; the leading edge, however, had a
detached shock wave throughout the angle-of-attack range. The pressure
data have been analyzed in terms of section and over-all wing character-
1gtics, and the experimental results have been compared throughout the
paper with linear theoretical calculaetions to evaluate differences
between the theory and experiment.

SYMBOILS
Free-gtream conditions:
mass density of air
Vi airspeed
a sepeed of sound in air

ol
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M Mach number (V/a)
q dynamic pressure (%‘.pvz)
P static pressure

Wing geometry:

s area extended through the fuselage

b span

A aspect ratio (bv2/s)

c airfoil chord at any spanwise station

' '5/2

c! mean aerodynamic chord (é j;) cedy)

c mean chord (8/b)

x chordwise dlistance measured streamwise from the airfoil
leading edge . St

¥ spanwise dlstance measured from the plane of symetry of
the wing

Z normal distance measured from the airfoil chord line

a . angle of attack of the wing, degrees

Pregsure data:

Py local static pressure
P pressure coefficlent (B.E_:_P.)
q
1
cp sectlon normal-force coefficient (PL' - PU) a(x/c)
: 0o -



¢
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1
section chord-force coefficlient (%gi) - (BQE d(z)
o |[\&y dx/p0 | \©

gsection 1ift coefficient (cp cos a - ¢, sin a)
section pressure-drag coefficient (c, sin a + c, cos a)

section pitching-moment coefficient, due to normal forces,
gbout the 25-percent position of the airfoll chord

(Ll(PL. - PU)(O.25 - f)a(’g‘))

section pltching-moment coefficlent, due to normal forces,
ebout a line perpendicular to the plane of symmetry and
passging through the 25-percent position of the mean gero-

e s [ e -7 - 32)

distance from the leading edge of each spanwlse statlion to
a line perpendicular to the plane of symmetry and passing
through the 25-percent position of mean serodynamic chord
(positive reasrward from leading edge)

)55

() - 22)

wing pitching-moment coefficient about a line perpendicular
to the plane of symmetry and passing through the 25-
percent position of the mean aerodynamic chord

ollo

1
wing lift coefficient G&J= Jr ey
: 0

oilo

1
wing drag coefficilent (CD = f cq
0

_ 1 c:mx 2
= S 1 3 - Pltching moment
m et Jo a2 b;E aSc’
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%%g gpanwlise location of the center of pressure of the normal
1 ' 1 )
c,.C c.C
force f = 3 d(s%) f tn ﬂ(s%) |
0 g ° / 1Jo ¢
n, chordwise location of the wilng aserodynamic center
oC
0.25 - 2
3Cr,
Subscripts:
Lt " lower surface
U upper surface
o value at angle of attack
a=0 value at 0° angle of attack
APPARATUS

Tunnel.- The Langley 4 by L-foot supersonic tumnel is a rectangu-~
lar, closed-throat, single-return wind tunnel designed for a nominal
Mach number range from 1.2 to 2.2. The test section Mach number is
varied by deflecting horizontal flexible walls against a series of fixed
interchangeable templates which have been designed to produce uniform
flow in the test section. For the present lInvestigation, the nozzle
walls were set for a test sectlon Mach muber of 1.59. For this Mach
mumber, the test section has a width of 4.5 feet and a height of L.k feet.
A detalled degeription of the tunnel, together with the calibration data
of the test section at this Mach number, 1s presented in reference 1.

Model.- The test model, shown in figure 1 prior to installation in
the tunnel, was constructed to the dimensions shown.in figure 2. The
complete model contained a total of 254 orifices which were lo.ated on
the wing, fuselege, and horizontal tail surfaces. During the tests,
pressures were measured simultaneously over the entlre model. As pointed
out in the Introduction, however, this paper will be concerned only with
the wing of the configuration and will deal with other components of the
model only insofar ag they affect the flow over the wing.
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The wing was constructed with & steel core and has steel leading
end trailing edges. The wing surface between approximately the 10-
percent and 98-percent chordwise location was made of bismuth and tin.
The geometry of the wing is as follows:

Span, feet « « « + + . e s e o o s e o o o s s s e s s e e e« o s 2155
Ares extended through the fuselage, square feet « ¢ ¢« ¢ ¢ « o « o 1.158
Mean chord, feet o o o ¢ o ¢ o ¢ o e s = o o » s 2 2 o o « » o o » 0537
Mean aerodynamic chord, feet . . . . . . . e e e s o 0.557
Aspect ratio (wing extended to fuselage center line) e e e e h
Sweepback of quarter-chord line, degrees « ¢ « 4 ¢ ¢ ¢ ¢ o + o Lo
Taper raL10 o 4« ¢ « o o o o o o o o s o o o s s s s o s « o o o 0.5
Alrfoll gections . . ¢« ¢ ¢« ¢ ¢ ¢ & ¢« ¢ . o Symmetrical circular arcs in

: planes perpendicular to the

quarter-chord line

Thickness ratio:
Section perpendicular to quarter-chord line, percent . . . . . . 10
Section parallel to air-stream direction, percent . . . « . . & 8
Location of maximum thickness:
Sectlon perpendicular to quarter-chord line, percent . . « « « . 50
Section parallel to air-stream dlrection, percent .. . . . . . 52.1

Geometri C 'tWi s't , degree s [ 3 L L] L ] L] L] L] L] .' . L] * L] L] L L L L] .. L] O
Dihedral of quarter-chord line in a plane normel to the
chord plane, AEegrEE8 « o « o+ « ¢ ¢« ¢ s s o o ¢« o o o & ¢ o & o 3

The left semispan of the model contalned 116 orifices divided
approximately equally among each of four streamwlse stgtions. The
locations of the streamwise stations (shown in fig. 3 and indicated in
fig. 1 by the white lines on the left wing) at 18.6, 43.6, 68.6, and
93.7 percent of the wing semlspan were selected to present a representa-
tive picture of the flow over the wing. In additlion to these orifices,
two rows of orifices (figs. 1 and 3), containing a total of 30 orifices,
were located at two oblique stations perpendicular to the quarter-chord
line of the right wing semispan.

The wing was mounted on & fugelage which consisted of & body of
revolution, upon which upper- and lower-surface canoples (fig. 2) were
insgtalled. The fuselage has a length of 2.522 feet and a Pfineness
ratio of 9.4 without canoples. A complete description of the fuselage,
together with coordinates, is presented in reference 1. The wing was
set at a fixed incidence of 3° relative to the fuselage axis. Since
this paper presents primarily wing data, the angle of attack has been
referenced to the wing chord line; hence, a given angle of attack is
indicated as being 3° higher than the corresponding angle in references 1
to 3.

During all the tests, the model was frequently inspected and
polished in an attempt to maintain an aerodynemically smooth surface.
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Installation.- The model was sting supported with the wing in a
vertical plane as shown in figure L. The angle of attack was varied
through fixed increments by rotating the model sbout the 59-percent
position of the fuselage. This axial location corresponds to the
0.25-chord position of the mean serodynamic chord. The pressure tubes
from the orifices were brought out from the wing through the fuselage
and the sting to multiple-tube manometers.

TESTS

The basic pressure data over the wing were obtained for an angle-
of-~attack range from -2° to 13° at a Mach number of 1.59 and a Reynolds
nunmber of 575,000 baged on the mean serodynamic chord. The aerodynsmic
data have been obtained at tunnel stagnation conditions of: pressure,
0.25 atmosphere; temperature, 110° F; and dew point, -35° F. TFor these
test conditions, the calibration data (reference 1) of the test section
indicate that the effects of condensgation on the flow over the model
are probably extremely small.

CORRECTIONS AND ACCURACY

Since tHe magnitudes of the flow angle, Much number, and preassure
gradients are small in the vicinity of the model, no corrections due to
these sources have been applied to the data. Furthermore, from optical
measgurements obtained during these tests, it was found that the wing
twist under load was negligible, smounting to less than 0.05° for all
angles of attack. Consequently, no corrections for twist have been

applied.
It is estimated that the accuracy of the wing data is as follows:

Stream Mach NUMDET « 2 o« « ¢ « « o ¢ o « s« s« a s s « » o« o a o« o « £0.0L
Angle of attack:
Geometric measurement (probable error), degree . « « « « « « « o ¥0.02
Maximum flow irregularity, degree . . « « o ¢ ¢ ¢ ¢ ¢ o « o« o « #.10
Absolute value of presgure coefficient « « o« ¢« ¢ ¢« ¢ ¢« o ¢ « « o« H.010

PRESENTATTION OF RESULTS

The baslc pressure data.for the wing, obtained durlng tests of the
complete model, are presented for the four gtreamwise and two oblique
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gtations in figures 5 and 6, respectively, for angles of attack of -20,
0°, 1°, 39, 5°, 79, 99, 11°, and 13°, 1In these figures, as in all other
figures, flagged symbols have been used to designate the lower-surface
data. In order to facilitate the use of these data for other purposes,
the numerical values of all the pressure data plotted in figures 5 and 6
are tabulated in tables I and IT. In addition to the pressure distri-
butions (presented in figs. 5 and 6) which are indicative of the normal
loade, the digtribution of chordwise load 1s presented in figure 7 for
the streamwise stations for representative angles of attack of -2%, OO,
5%, and 13°. In this figure, the unit chord-force coefficlent at each
pogition along the chord has been defined as the product of the local
pressure coefficlent and the local slope in the streamwise direction.

The pressure data of figure 5 are compared with linear theoretical
calculations for 0° angle of attack in figure 8 and for angle of attack
in figure 9. The theoretlcal calculations for 0° were obtained by the
method of reference Lt as applied in reference 5. In obtaining the
theoretical curves for angle of attack (fig. 9), the method of refer-
ence 6 was used for stations 0.186, 0.436, and 0.686; for station 0.937
the method of reference T which accounts for the tip effect waes used in
addition to reference 6. In the calculation of the theoretical wing
pressures, the fuselage side was assumed to impose a physical reflection
plane, and, as such, was arbitrarily selected as the origin of calcula-
tions. In figure 9, detalled date have been presented for station 0.436.
Since the other stations exhibit similar trends, only repregsentative
data have been included for stations 0.186, 0.686, and 0.937. Since
the theoretical surface lifting-pressure coefficient per unit angle of
attack for a given station is equal for both surfaces, these data (fig. 9)
could have been compared agalnst a single theoretical curve for each
gtation. However, lnasmuch as a fundamertal purpose of this investi-
gation has been to evaluate differences between theory and experiment,
the experimental deta have been separated into expansion and compresslon
surfaces by defsning the surface lifting-pressure coefficient as’

57.3 (Py - Pg=0
| |

of attack and the lower surface at a negative angle of attack are con-

sldered equivalent.

. In this way, the upper surface at.a posltive angle

The section normal-force, chord-force, and pltching-moment coeffi-
cients at the four spanwlse stations have been obtalned by integrating
the pressure data of fligures 5 snd T and are presented in figure 10.

The section 1ift and drag coefficients, also presented in this figure,
were obtained from a resolution of the normal- and chord-force coeffl-
cients. In each case, the coefficiente presented 1n figure 10 have been
compared with the results obtained from linear theory. Since the drag -
coefficients were obtained from integrated pressure data, the direct
effects of skin friction are not included; and therefore the experimental
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drag coefficients are on a comparable basis wlth the theoretical drag
calculations. These same data have been presented in figures 11, 12,

and 13 to show the spanwlse distribution of the section coefficient and
load parameters for normal force, dreg, and pitching moment. In these
figures, only one theoretlical curve has been shown for reference purposes.
The theoretlcal curves for other conditions can be obtained from fig-

ure 10. For the piltching-moment data of figure 13, the coefficients have
been referenced to the quarter-chord line of the indlvidual sections
while the loading paremeterg have been referenced to a line which is
perpendicular to the plane of symmetry of the model and passes through
the 25-percent position of the mean aerodynamic chord. ¥Filgure lh, which
has been derived from figures 11 and 13, presents a comparison of the
experimental asnd theoretical locations of the centers of pressure of the
normal forces at each spanwise statlon.

The over-all wing characteristics, obtained from integratlion of the
spanwise distributions, are presented in figure 15 as a function of the
wing angle of attack. In this presentation, the experimental and’
theoretical curves were obtained by extrapolating the data from the wing-
fuselage Junction to the center line of the model. This method, there-
fore, leads to coefficlents which are more ‘equivalent to a wing-alone
configuration than to a wing~body combingtion. For application of these
results to wing-body combinstions, the primery change would occur in the
pitching-moment coefficilent (fig. 15) which would be more stable than
indicated in this paper since the 1ift carry-over region in the presence
of a fuselage would be farther rearward (references 8, 9, and 10}.

Figure 16 presents the experimental .and theoretical wing lift-drag ratios
(obtained from fig. 15) and compares these results with the lift-drag
ratios obtained during force tests of the complete model and of the
wing-fuselage combination (unpublished deta). Figure 17 presents a
comparison of the experimental and theoreticsl location of the lsteral

center of pressure —%E and the aerodynamic center n, to indicate

quantitatively the accuracy with which the root bending moments and the
margin of static stabllity of the wing can be predicted.

DISCUSSION

Limitations of experimentel and theoretical comparison.- In the
anselysis of the experimental results, the data have heen compsared
throughout the paper with linear theoretical calculations to indlcate
the accuracy with which the wing characteristics can he estimated at
the present time. In interpreting this compsrison, it must be fully
gppreciated that the applicatlon of theoretical calculations for an
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i1solated wing to the wing of a complete model entails fundsmental
assumptions in addition to those inherent in the linear theory. The
combined effect of thege additlonal approximations, the neglecting of
the fuselage flow field together with the nose cone and canopy shocks,
will in pasrt be evident. Another, and perhaps more important, limita-~
tion on the theoretical-experimental comparison involves the shock-
detachment phenomenon. For the present combinastion of Mach number,
gweep angle, and leadlng-edge angle of the alrfoil section, the shock
wave at the wing leading edge is detached for all angles of attack
including the 0° condition. Thus, though the leading edge is supersonic
in the usual s~nse (the ratio of the cotangent of the sweep angle to the
tangent of the Mach angle is 1.34), this detached shock leads to a small
region of subsonic flow in the immedlate vicinity of the leading edge,

a phenomencn which will be apparent in the data and which violates a
fundamental assumption of the linear theory. Thus the comparison of the
present paper will provide some additional informetion on the practical
importance of this latter limitation.

Section Pressure Characteristics

Shock-detachment phenomena.- The pressure data (figs. 5 and 6)

Immediately reflect the influence of the detached shock wave in the
vicinity of the leading edge. The pressure peak at the nose of the
airfoil is particularly evident for stations 0.186 and 0.436 at 5° angle
of attack and for stations 0.686 and 0.937 at 3O angle of attack or
higher. This pressure peak 1s characteristic of flow around sharp
corners st subsonic speeds and would not occur if the leading-edge shock
waves were attached. This phenomenon has been previocusly reported in
reference 11 for sharp-nose alrfoils at high subsonlc speeds. The
gradual compression shown behind this peak at all the stations indfcates
a very small separated region followed by an oblique shock (reference 11).
Even at the highest angles of attack where the angle of attack is larger
than the half-angle of the leading edge of the airfoil, the significant
effects of the subsonic flow region on the leading edge of the upper
surface can be seen, particularly for station 0.186.

Wing-body interference.- The effect of the presence of the body on
the wilng pressure data casn be seen clearly for zero angle of attack from
figure 8. These data show that, for the root section, the upper-surface
pressures are more posltive then the lower-surface pressures; this effect
diminlshes falrly rapidly outboard. Attempts to predict the magnitude
of the discrepancy between the upper- and lower-surface pressure distri-
butions by superposing the fuselage flow field on the wing fleld were
inedequate, principally because of the mixed nature of the flow in this
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vicinity of the wing. A similar effect of the body on the wing can be
observed at angles of attack (fig. 5) by noting that the angle of attack
for the leading-edge presgsure peaks 1s lower at the outboard sgtations.

It should be noted that the primary body interference effect upon
the flow over the wing for thils configuration is resgtricted to gradual
changes rather than the discrete and finite disbturbances which might
have been anticipated. From an examination of unpublished schlieren
photographs taken at a Mach number of 1.55 in the Langley 9-inch
supersonic tunnel during tests of a small-scale model of the same con-
Piguration (reference 12), it is clearly evident that the shock wave
from the nose and canopies 4id not crosa the wing to produce any dis-
continuous disturbances up to angles of attack of 5°(the limit of tests
in reference 12). Since there are no unexpected regions of rapidly
increasing pressure at the higher angles of attack, it is guite probable
that the wing was clear of the nose and canopy shock for the complete
range of angles of attack of the invesgtigation.

The extremely rapid lncrease in pressure indicsted by the last
orifice on station 0.186 (fig. 5) and, to a lesser extent, on station A
(fig. 6) appears to be caused by a fuselage interference effect.

Separation effects.- The experimental data for zero angle of attack
(£ig. 8) show surprisingly good agreement with the theoretical cealcula-
tions for the inboard station, 0.186, with progressively poorer agreement
outboard. Since the effects of the fuselage diminigh fairly rapidly
outbosrd, the discrepanclies in the outboard reglon must result mainily
from the approximstions of the linear wing theory. Hence, the better
agreement inboard msy be taken as indicative of the fact that the mutual
wing-fuselage interference effects occurring inboard appear to compensate,
in part, In the present application for the spproximations in the wing
theory.

The dats of figure 8 also show, for zero angle of attack, a pro-
gressive bulld-up of laminar separation from gbout the rear 15 percent
of the chord et the root to sbout the rear 30 percent of the chord at.
the tip. This separatlion occurs 1n spite of an spparent favorsble chord-
wlse pressure gradient upon the boundary layer. However, the effect of
the rapid increase 1in pressure caused by the shock wave at the wing
trailing edge is transmitted upstream through the boundary layer and
induces separation. This tralling-edge-separation phenomenon occurs for
all angles of atback (figs. 5 and 6). It exists on the upper surface to
a small degree for negetive angles of attack, and increases progressively
as the angle of attack is increased (trailing-edge shock is incressed).
The reverse occurrence, as would be expected, exists for the lower surface.
Thie phenomenon of boundary-layer separation induced by the trailing-edge
shock has been noted many times previously and 1s discussed, for exsmple,
in reference 13. The greater extent of the geparation at the outer
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stations 1s atirlbuted to the spanwise flow which lncreases the boundary-
layer thickness at the outboard stations. At the highewt angles of
attack there appear to be large regions of esgsentislly zero pressure
chenge with chordwise position. Theoretically, however, there is a
continually decreasing chordwlse pressure except in the immediate
vicinity of the Mach line (for example, sbout 25 percent of the chord
at station 0.436). Hence, these regions of no pressure change seem to
indlicate completely separated flow. In considering this problem, it
should be noted that the linear theory, when applied even to estlmate
the pressures at these high angles, predicts that a vacuum (P = -0.565)
existg at the trailing edge of station 0.436 for an angle of attack

of 130. Hence an absolute physical limit to the theory is reached at
thisg point; a more realistic limit, however, occurs at a much lower
angle of attack.

Lifting pressures.- The experimental lifting-pressure data of
figure G indicate, in generasl, that the expansion surface produces
slightly more 1ift than the compression surface. This effect appears
to be directly related to the subsonic nature of the flow at the
immediate vicinity of the leading edge and the associated pressure
peaks. In this figure, as in figure 8, the root section again eppears
to give the best agreement with theory. Because of the detached shock
coupled with the interference and viscous effects, the large pressure
variations in the vicinity of the root and tip Mach lines are not present.
Insofar as the tip section is concerned, the effects of the detached
ghock gt the leading edge, together with laminar boundary-layer separation
farther rearward, completely dominate the flow field. From an over-all
examination of the data of figure 9 some idea of the degree of non- -
linearity of the problem of compubting the flow over comparsble wing
ingtallations bhaving similar flow fields can be galned. TIf the lowest
angles (-2° to 3°) are neglected because of the limitations on the
precigion of the surface lifting pressures in this range, there appear
to be only emall regions for which the flow varies linearly with angle
of attack. At the leadlng- end tralling-edge portions of the chord,
subsonic flow and viscous effects, respectively, appear to invalidate
any linear congiderations of the problem.

Section Characteristics

From a general conslderation of the effects of the leading-edge
gubsonic region and the laminsr separation at the rear and ocutboard
gstations, as shown in figures 5, 6, and 9, it would be expected that
the gection drag would be reduced and the pitching moment would become
less stable than predicted theoreticelly. The section 1ift would be
expected to decreage if the loss in 1lift resulting from the separation
phenomena outweighs the effects of the pressure peaks caused by the
detached flow at the leading edge. Of course, these considerations are
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necesgsarily limited by the fact that only linear considerations were
used to obtain the theoretical curveas. In general, figure 10 verifles
these trends in the section characteristics; the lower 1ift coefficients
for the four stations indicate the predominance of the boundary-layer '
separation as compared to the leading-edge subsonic flow region. Both
the section drag coefficients and the stsbility (as indicated by the
slope of the pitching-moment-coefficient curve) are less than predicted
in all cases. It can also be seen that the chord-force coefficient is
less than the theoretical value due to the laminar separation but that
the coefficient is relatively constant, as predicted. In general, the
section drag coefficients (fig. 10) for stations 0.L436, 0.686, and 0.937
indicate reasonably close agreement with each other. The drag coeffi-
cients for station 0.186, however, are lower for the same angle of
- attack., This is probably, in part, a result of interference of the
fuselage on the wing. If the drags for the individual stations are
compared on the basls of the same 1ift, the agreement between the inboard
station and the outboard statlons is improved, indicating that the
interference effect is primarily a downwash caused by the fuselage. In
addition, since the minimum drag coefficients at the inboard stations
are less than those of the outboard stations, there may also be a slight
horizontal bouyancy effect of the presgsure fleld of the body on the root
sectlions.

Spanwlige Characteristics

The experimental span-load curves of figure 11 reflect the same
overestimation of the 1lift that was indicated in figure 10. In addition,
the experimental center of pressure of the normal forces is farther
inboard than predicted by theory by approximately 4 percent of the wing
semigpan as shown in figure 17. PFProm structural considerations, this
latter effect will result in too conservative an estimaste of the wing
bending moments.

Both the pitching-moment-coefficient and the pitching-moment-
parameter curves presented in figure 13 indicate the inadequacy of the
theory for predicting either the pliching moment on the wing or the
wing twisting moment for structural purposes. The linear theory predicts
too negative a pltching-moment coefficient throughout the wing semispan.
On the other hand, the theoretical pitching-moment parsmeter, which
determines the over-zll wing plifiching moment, is too negative for
- approximately the outboard two-thirds of the wing semlspan.and agrees
relatively well for the remainder of the wing. This inboard agreement,
however, is coincidental since 1t results from compensating discrepancies
in both the magnitude (fig. 11) ‘and location (fig. 14) of the section
normal forces in this reglon.
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In addition to affecting the pltching moments, the fact that the
experimental centers of pressure are forward of the theoretical locations
(fig. 14) will have a slight effect on the downwash. On the basis of
the theory of reference 1k, it is estimsted that this effect will be
small, amounting to an overestimation of the downwash by about Lk percent
for the present configuration.

Over-All Wing Characteristics

In comparing the over-all wing 1ift and drag coeffilclents,
figure 15, it can be seen that both the wing 1lift and drag are lower
than the theoretical values. The experimental lift-curve slope is
gbout 0.04k4 ag compared to a theoretical velue of 0.053. This reduction
in 1ift 1s believed to be primarily an effect of the laminar separation
from the rear and the outboard part of the wing. The minimum drag coef-
flclent is about 0.023 compared to a theoretical value of 0.030; the
comparison in both cases 1s based on pressure drag. The experimental
drag-rise factor ACD/ACL2 is approximately 0.366 (based on Cy, wvalues

of -0.016 and 0.3}, compared to 0.329 (the reciprocal of the theoretical
lift-curve slope) as given by theory. This indicates a higher rate of
increase of drag with 1ift coefficient than predicted by theory. If

the experimentsl lift-curve glope were used in estimsting the drag-rise
factor, then the value would be 0.397. This indicates that the actual
drag-rige factor 1s slightly more favorable than the value obtained from
superposition with the assumption that the chord force is independent

of the angle of attack. In comparing experimental and theoretical drag-
rise factors, it should be noted that the experimentsl value depends
significantly upon the two 1ift coefficients used since the experimental
drag curve 1s not a true parabola as assumed.

The pitching-moment comparison of figure 15 for the complete wing
clearly indicates the overestimation of the pitching moment that was
foreshadowed in figure 13. As previously noted, this discrepancy results
primarily from the insbility to predict the flow over the outboard two-
thirds of the wing semispan becasuse of the large amounts of separated
flow in thig vicinity. In general, the magnitude of the pltching-moment
coefficient is fairly large, regulting in a high static margin of
gtability, as can be seen from the aerodynamic-center location (fig. 17).1
These high values of the stability of the wing have resulted 1n a
limitation of the trim 1ift coefficient of the complete configuration
(unpublished data) to a value of 0.35.

lFor this consideration, the center of gravity has been assumed to
be located gt 25 percent of the mean aerodynemic chord to satlisfy low-
speed stebility requirements.

sonulinn
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The general comparison of the 1lift and drag has 1ndicated experi-
mental values less than theoretical values for a given angle of gttack.
Hence a comparison of these coefficients on the bagis of equsl 1ift
would show much better agreement. This ig essentizlly the result shown
in figure 16 where the agreement between the experimental and theoreticsal
lift-drag ratios is quite good. The maximum L/D of 5.3 obtalned
experimentally and 5.1 obtalned theoreticslly serve to indicate the low
lift-drag ratios which willl regult for the complete configurstion. Even
these values are somewhat i1deslized since they represent wlng-slone
characteristics with the effects of skin friction neglected. To illus~
trate this point, force characteristics obtained from as yet unpublished
data for the complete model and for the wing and body are presented to
show the results to be expected from more camplete configurations of
this model. The difference between the experimentsl wing and wing-body
l1ift-drag ratios represents a difference in drag coefficient of approxi-
mately 0.019 in the range of low 1lift coefficients. This value of 0.019
must therefore account for the body and part of the wing-body interference
drag together with the skin-friction drag of the wing. Since the body
drag alone was approximately 0.013, it appears that the skin-friction
dreg of the wing is low, tending to substantiate the assumption that the
flow in the boundary layer over the wing is almost completely leminar.
It appears, therefore, that the low meximm lift-drag ratios are pri-
marily associated with a combination of thick wing sections (8 percent
in the streamwise direction) and inadequate sweep for this Mach number.

¥rom the viewpoint of improving the meximm lift-drag racio, if
maximum lift-drag ratio 1s of primary interest at this Mach number, the
principal opportunity appears to be 1ln increasing the sweep angle to a
value of about 65° with corresponding reductione in gection thicknesses
consistent with structural limitations. (See references 15 and 16.) It
also appears that in order to minimlze the adverse spanwise flow effects
which might seriously hamper and reduce the lateral control effectiveness,
the use of a cambered wing would materially improve the flow.

CONCLUDING REMARKS

A pressure-distribution investigation of the wing (in the presence
of the fuselage) of a complete supersonic alrcraft configuration has
been conducted in the Langley 4- by L-foot supersonic tunnel at a Mach
number of 1.59 and & Reynolds number of 0.575 X 106 based on the mean
aerodynamic chord. The wing was swept back 40° and had an aspect ratio
of 4, a taper ratio of 0.5, and 10-percent-thick circular-arc sections
perpendicular to the quarter-chord line. For the Mach number of the
pregsent investigation, the wing had both supersonic leading and trailling
edges; the leading edge, however, had a detached shock wave throughout
the angle-of-attack range.
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The experimentel lift and drag coefficlents were less than those
predicted by linear*theory. The dlscrepancies resulted principally from
the exigtence of large regions of geparated flow at the rear and at the
outboard stations of the wing and in part from the presence of a detached
leading~edge shock which is neglected in the linear theory. In addition,
there was & pronounced interference effect of the fuselage on the wing
at the inboard stations but this effect diminished fairly rapidly
outboard.

The maximm lift-drag ratio of 5.3 obtalined experimentally agreed
very well with the theoretical value of 5.1. This agreement, however,
wvas materially alded by compensating discrepancies iIn both the 1lift and
drag coefficients. The pitching moment was considerably less stable
than predicted by theory primerily as & result of the separation over
the outboard region of the wing. This separation phenomenon appears to
be of primary concern for uncembered and untwisted swept wings, such
as the wilng of the present investlgation, where the sgpanwise gradients
and their effects on the boundary layer are large.

Langley Aeronautlical Leboratory
National Advisory Commlittee for Aeronsutlcs

Langley Air Force Base, Va.
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TAELE .- PRFASURE-COEFFICIENT DATA FOR
FOUR STREAMHISE STATIONS

() -375 = 0,186

Poreent chord Presmure coefficiant, P, for angis of mttack of -
upper
puriace -29 1° 30 50" ™ 1°
1.020 0. 0.340 0,166 -0. =0,20% -0.326
2,54 @g 202 .ug 0 ~.132 ~ 299
hom .3 241 . 036 -,085 =271
T.521 .28 +300 098 006 -.068 L=a256
9,943 259 .178 .088 2020 ~.054 - 23k
1,727 .2hg W67 076 010 -.093 -,216
13.512 213 128 %z . =003 -.068 -.151
19.865 L 5] .055 . -OFT -, 103 -.202
£5.876 .085 00T ~. 04T . -.1%0 -.20h
40,790 015 -.050 - 111 - 105 -.260
=0.968 -.018 =077 -,131 15 -.p1e -7
60.293 -, 0k3 -,091 ~.148 -J179 - 220 -269
gg.% -.mhg =136 ~.1689 -.210 ~.2hB ~ 201
. 1 w171l ~021 ~,230 - -.203
B9, ~.169 - 151 - =200 - ~.293
97.132 =171 ~lbh -.igﬁ ~.198 -.gﬁ - 212
Peraant chord -
lover
surface
2,040 0.07L 0.2h3 0.327 0,399 0.461 0,571
6.119 069 1Tk 20 . 393 497
11,090 .032 116 274 223 L5 .+3%0
16,208 001 079 A3 176 230 337
23.072 -, 01k .0ng 106 152 198 297
29.9% -1 018 065 2107 148 252
6,506 ~,088 -.0kk ~, 006 034 079 .183
n8.9%0 -.125 ~.06h ~.029 014 038 .156
66,79k -.1%6 -.089 -.0l40 -.011, 026 118
gf.ash =175 22 ~.000 -,058 -.028 063
855 - 204 =151 ~125 -,002 - 020
91.396 - - 159 ~, 146 w11k -.080 e
97.3687 -.179 -.197 «. 172 =.1kg =28 -.0kL
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TABLE Y,- FRBESSURE~-COEFFICIENT DATA FOR
FOUR STREAMNISE ETAYTOMS - CORTINUED

) ‘-ji ~ 0,536

Parcent chord Pregaure coefficliemt, P, for angle of attack of -

‘mf _20 00 lo 30 50 .TO 90 uo 130

5.7 0.376 0.290 , 0.243 0.131 -0.0k0 -0.160 -0.856 -0,283 -0.350
20, h29 .23 155 198 061 .003 -.109 -.108 -2k -.310
26.351 151 .101 OTL 014 -.032 ~117 - 252 -.315
30.348 02 0bo 0P8 -, 058 -.08T -.1h6 -.223 260 -3
33.309 073 -.016 -.001 -.103 ~.123 =173 -.2 -.279 ~.328
ko, 266 027 - 0T -.Ohb -,137 -.158 -.197 -2 -293 -.338
48,780 -.010 - -. -.158 -.169 -.212 -.26h -.209 =350
51.369 -,03k -.097 -.085 -, 195 -.203 -.2LB -.264 305 ~,3h6
&0.992 -.076 =097 -.1e8 -.213 -.203 -,26), ~.205 =297 -.362
67.358 -.092 -.13 -.132 -.23h - 237 -.285 -.201 - 297 -3%
TT.276 -.138 «.1hk1 177 -5 -.23% ~.273 -.310 ~e 297 -.354
85.270 =179 =159 =,183 -3 AT -.261 ~.293 =273 -.350
90.00T ~.200 -.130 -.165 -7 -.201 -.238 -.272 -.2T1 -.334
9T.557 -.208 ~.151 -.268 -.326

Parcant chord

lover
arface

3.553 0,153 0.296 0.3%0 0.h13 0.182 0.545 0.601 0.652 0.699

T.25% .13 .230 .266 335 o2 . 3?1 379 .632
11.695 066 .18 .291 . 37 .50 . 516 565
3b.493 -.091 026 .038 073 125 73 226 278 .334
ke, 83 -,052 -.014 -.003 .023 07h ,118 AT .223 282
k8. ko9 =117 -.085 -.03k - 0h0 ,083 .136 195 .2h5
55.366 -.146 -.070 -.066 -.0k% 001 Okk 09k 158 .201
63.360 177 -.101 - -.076 -.034 005 J06L W11k 2156
TL.T99 -.208 -.128 - -.119 -.070 -.032 016 065 105
86,751 -2k -.1%55 - -.18k& -.133 -.101 =066 -.023 016
g2, 220 -.208 -.136 -.165 -0l - 1% -, 128 - -.083 -.016
96,817 =200 -,13% ~a19T ~.213 -.172 =156 -120 080 -.088
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TANLE T.- FRESSURE-COEFFICTERT DATA FOR
POUR STHEAMNIIE CPATIONS -~ CONTINUED

(e) -.575 = 0.686

Presmue coefficlent, P, for mngle of ebtack of ~

20 ° 1@ - 3° 5 ™ i 1°
0.488 0.390 0.286 0.016 =0,175, ~0,24%9 0,293 ~0.3p8
.h2o 319 . 112 -.096 =207 ~.23% =317
-33? 1265 .Eﬂ. .]J.li -1037 'ol "19_17 '-55
£0.159 230 £167 135 061 -.037 ~all - 227 -a28h
33.eh5 Jd12 1085 038 -027 - ~e 167 =060 ~.252
2‘9;.965 054 013 =017 -.076 =208 "ﬁ - RTT =281
csw 013 =080 =050 - 111 --]-35 . - 289 ~e
50,908 =013 «0h7 ~0TT -.133 - _ ~.232 -.293 =259
=% 880 -.034 -059 -.087 -156 - 167 227 -.318 ~297
66.6LL 094 -.113 -, 1}k -, 20k - 012 -P60 -.299 ~.307
T2.325 -.123 - 122 =195 27 -5 257 -.291 -.209
T9.929 -.162 =270 ~100 - 260 -.816 -2k -85 ~.293
Bx.,881 ~,167 -.1h7 -155 -.£58 =198 -.236 -,201 ~.203
m.l% -.B)ll- —-122 '-1&0‘ -.935 ‘vlm a h -.281 --P-TT
07.2%9 -.181 - 126 -,1h2 -.819 ~ 198 «, 288 -27L
Percent chord
lower
sarface
2,476 0.166 0.315 0.377 0.5713 0. 0,609 0.661 0.709
7.1e7 139 246 291, . 56 Eﬂ 493 2@ 536
1.848 216 «20T 2L3 ekl .379 4o . b8k
16, 16 2094 150 213 . .33 .360 kot .35
30,062 .003 068 gﬂg 137 -108 .2h9 296 »305
36,408 ~,034 030 . gih .15k » P00 .okt 256
Yo,9m -T2 ~001 002 0h5 109 .159 197 219
48,806 -.101 -.039 ~.021 012 070 J16 180 .191
53,5681 -12], o OU% -.038 =017 D46 .082 131 .158
58,179 -.14 -.078 ~.071 -.0h3 .01 . +008 120
€3.837 =171 "ﬁ -.% ~,0T6 -.019 022 063 .08
69,850 - - - =107 ~0%1 ~a013 030 : .0
76.923 ~.akh - 145 -1k -o1hL -~ 08k -.052 -.009 -.012
87'533 "'IJ-BJ- "-igﬁ --175 -.1&9 -am -.lt)l -.060 -.037
93.015 -.179 - -.159 - 205 107 - 122 -.083 .08
97-“'36 "'-179 --135 "']53 "‘-% --177 --156 '0196
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TARLE I.- PRESSIRE-COEFFICTENT DATA FOR

TOUR STREAMNISE STATIONS - COACLUDED

(@) gy = 0.937

Percent chord Presgure coefficient, F, for angle of attack of -
uppar
murface 20 o° 1° 3° 5° 7 9° 1n° 13°
2.k20 0.506 0.382 0.299 0,002 -0.171 -0.269 -0.343 ~0.3h8 -0.kot
9,901 .385 205 217 102 -.068 -.169 -.2h8 -.323 -.350
13.641 296 2 176 .086 -.06k -.16% -.2h0 =277 ~.3h2
20.2lp 23k .OT. .0kd 057 -.0k3 -.1hg -.202 ~.22h -.283
30.363 22 o7k L0 =010 =092 a7l ~.2k0 -.273 -.330
33.2¢3 089 032 .005 025 -.088 -.167 - 227 -.250 -.308
Eg.’(hh 052 01 -.013 -.0h5 -.10k -.179 -.250 -.263 -.319
261 023 -.030 -.052 -.066 -.112 -.163 =.2h0 ~.263 -.316
h5.865 -.016 -, 109 -.13h -.098 -+139 ~.201 -2k ~2TT -.318
67.327 ~»123 ~.138 -.161 -.182 =192 -.o5h - 297 -.299 -3k
T7.208 =171 «.126 ~1h2 -.223 -.a6 -2T3 ~,318 -.309 -.350
85.369 -.198 -.118 -.132 w.2le -.218 -.273 -.322 -.313 4356
92.629 ~.179 -.136 -201 -.198 -.2lp -8 ~.291 S
98,350 -.162 -.190 -.291 - 342
Percent chord
lowexr
surfrece
2.860 0.106 0.313 0.375 0.k68 0.538 0.59% 0.638 0.687 0.727
7.701 151 .29h .33k .399 .73 es 573 N ] 655
12.321 135 .232 .268 386 o2 o) K02 557 60k
16,722 110 190 25 286 993 hos 453 508 =57
23,328 069 150 167 .29 282 332 .38 .35 40k
28,383 027 095 2 157 27 26T .33 370 b3
31.902 007 .070 083 119 180 206 272 397 3T
35.h2 -,018 032 0hs 078 13% 181 N~ 278 3e2
38,90k ~.03h .02 .032 053 108 150 193 248 280
L3, 56k ~a059 -4012 2005 .012 .06k f101 .1kY 195 .233
L9, 505 -.080 -.030 -.03k -.025 .020 058 092 -] +180
56. 326 -123 -.076 -0TL -.068 -, 025 003 .0l 089 .18k
6k, k66 ~.154 -,08% -.093 - -.06k -.08 k] 0% 065
88.009 =167 - -.1kk - 205 ~-171 -, 187 -.143 -.10% -.079
93.729 -.165 -.113 -3k —.22, -.185 - -.169 -.126 -105
98,350 -.162 -.126 -.1k2 -.201 -.193 -.200 -.215 -.18 -.168

e
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TABLE TI.~ PRESSURE-COEFFICIENT DATA

FOR TWO OBLIQUE STATTONS

(a) 9tation A

Percent chord
upper

Pressurve coefficient, P, for angle of attack of -

surface =00 0° 1° 30 50 70 90 : 110 130

2, 0.k5r | 0.372 | 0.295 | 0.102 | -0.10% | -0.226 | -0.295 ~0.303 | -0.354

8.333 .327 .263 .196 A11 -.039 -.146 -.235 ~.2085 -.346
29,545 .10k 072 026 | -,025 -.080 -.169 -.237 -.277 -.330
36,36k .08 018 | -.029 | -.072 -.118 -.180 -.260 “o291 -.344
63,068 109 | -.016 | -.159 | -.o11 -} -.281 -.310 -.334 ~.385
80.11L ~.175 -.161 -.188 -2k -.2T1 ~.302 -.328 -.326 -.369
93.939 212 | -.247 | -.267 | -a93 ~.226 -.2k6 -.256 -.258 - 314

Percent chord

lowver
pxface -

L,356 0.160 | 0.284% | 0.321 | o.k7 0.8 0,541 0.597 0.648 0.693
22,727 L011 .099 .108 164 .209 263 .313 .370 o
46,501 ~a117 -.086 -,093 -.00k .050 .081 .131 .191 .24
56.250 -A7r | -.132 | -.151 | -.06h -.023 .018 .070 .126 172
73,295 -.216 | -.ak3 | -.188 | -ahk ~.096 ~.056 -.013 032 | 07
87.879 -.191 | -.132 | -.157 | -.180 -.143 =115 -.077 -,033 .002
96,102 -.187 ~.250 «. 175 -,156 -.120 -,062 -.0le
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TABLE II.- PRE3SURE-COEFFICTENT DATA FOR TWO

OBLIQUE STATIONS - CORCLUDED

(b) station B

Percent chord Presgure coefficlent, P, for angle of attack of ~

upper -

surface -20 Oo 10 3o 5o ..{.o 90 llo 13o
12.077 0.306 0.246 0.190 0.116 ~0.06% -0,162 -0.240 -0.281 -0.3Lh
23,188 176 .134 .087 .024 -.084 =175 -.240 -.281 -.336
36.473 075 Ol .001 -.053 -.125 -,205 -.266 -.285 -.338
k7.101 .003 -.0lk -.058 -.109 -.153 -.236 -.291 -.307 -.356
63.0b43 -.088 -.093 | -.138 -,184 -1 -.260 -.303 -.297 ~.332
73.6TL -1k2 -.13k =175 -, 005 -2k -.250 -,285 -.293 ~-.332
82,609 -.187 -.153 -.163 -.266 -.224 -.248 -.285 297 ~.336
ok,203 -.190 -.16% -.168 -.955 -.227 -.257 -.292 - -.31 -.348

Percent chord

lower

gurface

2.174 0.177 0.337 0.h09 0.503 0.570 0.626 0.679 0.721 0.761
8.937 143 237 279 +350 Jdaz 168 525 575 27
17.633 079 150 .186 246 .303 <357 A3 L463 .518
£29.710 -.012 057 .08% .135 .189 .239 294 245 .397
56.522 ~.157 =107 -.086 -0k .002 .05 .093 .1h3 .193
68,599 -.209 -.169 -.149 -.111 -.070 -.031 LOL7 .063 .108
80.193 =177 -.197 -.19% -.165 -.12h -.089 -,0k0 002 .0b3
93.961 - 172 -.159 -.167 -.219 -.184% -.150 -.107 -.068 -,027
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Figure 1.- Pregaire model of the auperaonic ajircraft configuration tested
1n the langley L. by b-foob pupersonic funnel.
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Figure 2.~ Detalls of model of supersonlc alrcraft configuration. Dimen-
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Figure 3.- Schematic view of wing showing orifice stations and Mach lines.
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Flgure 4.- Downstream view of test model mounted in the Langley -
by U-foot supersonlc tummel,
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Figure 5.- Variation of pressure distribution with angle of attack at four
atreamwise statione. ¥Flagged symbols denote lower surface. M = 1.59.
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Figure T.- Variation of unilt chordwlse-force coefficient with angle of
attack at four streamwise stations. Flagged symbols denote lower
gurface. M = 1.59.
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Figure 8.- Comparison of experimentel end theoretical pressure distribu-
tion for zero angle of attack at four atreamwlise statlons. Flapgged
gymbols denote lower surfece.

M = 1.59.
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“Flgure 9.- Comparison of experimentsl end theoretical surface lifting-
: prespure coefficlent for representative angles of attack at four
etreamwise atationa. Flagged